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ALTITUDE EVALUATION OF SEVERAL AFTERBURNER DESIGN VARIABLES 
ON A J47-GE-17 TURBOJET ENGINE 


By Willis M. Braithwaite, Curtis L. Walker, 
and Joseph N. Sivo 


SUMMARY 


An investigation was conducted in an NACA altitude chamber to 
evaluate the affectiveness of turbine-outlet gas-straightening vanes 
and vortex generators, fuel distribution modifications, and after- 
burner shell cooling as means of improving afterburner performance. 
Installation of the turbine-outlet gas-straightening vanes and vortex 
generators resulted in a lower total-pressure loss through the after- 
burner and an altered air-flow profile at the afterburner inlet. 
Therefore, it was necessary to modify the fuel distribution to provide 
a good fuel-air environment at the flame holder. Another result of 
the installation of the turbine-outlet gas-straightening vanes and 
vortex generators was the reduction of the afterburner shell temper- 
ature by approximately 100° R. An additional 100° R reduction in the 
afterburner shell temperature was obtained with a ceramic-coated 
corrugated liner. 


The best afterburner configuration of this investigation incorpo- 
rated the turbine-outlet gas-straightening vanes and vortex generators, 
the ceramic-coated corrugated liner, and a fuel distribution that 
provided a good fuel-air environment at the flame holder. This config- 
uration had higher afterburner combustion efficiencies than the orig- 
inal configuration, and the altitude Limit was in excess of 54,000 
feet. At low altitudes, the operation of this configuration war not 
Limited by afterburner shell temperatures. 


INTRODUCTION 
Current and proposed military aircraft require thrust in addition 


to normal engine thrust for take-off, climb, and high speed at high 
altitudes. Using an afterburner is one method of meeting these require- 
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ments for additional thrust. Accordingly, the NACA is actively con- 
ducting several related afterburner programs. 


The investigation reported herein presents information on design 
factors and modifications of the production afterburner for the 
J47-GE-17 turbojet engine designed for medium temperature operation. 
The present report is concerned only with the afterburner performance | 
and operating characteristics. Altitude-starting characteristics of 
two of the configurations in this report аге discussed in reference 1. 
This investigation was conducted with an engine equipped with а 
variable-area exhaust nozzle and operated over a range of simulated 
flight conditions in a lO-foot-diameter altitude test chamber at the 
NACA Lewis laboratory. 


The initial configuration was developed by the manufacturer from а 
previous production afterburner by incorporating design modifications 
indicated by investigations reported in references 2 to 5. In the 
present investigation, attention was focused on three primary factors 
in order to improve the performance апа operating limits: (1) turbine- 
outlet gas whirl, (2) matching of the fuel distribution with the mass- 
flow distribution of the turbine gases, and (3) afterburner shell 
cooling. Previous investigations (ref. 6) indicate that turbine-outlet 
gas whirl can have a detrimental effect on the performance character- 
istics of the afterburner. Accordingly, the effect of turbine-outlet 
gas-straightening vanes and vortex generators on performance was 


evaluated in this investigation. Several fuel-spray-bar configurations 


were also evaluated in order to provide satisfactory matching of the 
fuel distribution with the mass-flow distribution. It was desirable to 
evaluate methods of afterburner shell cooling, since maximum thrust can 
be limited by afterburner shell temperatures. Two methods of cooling 
the afterburner shell were investigated: (1) the incorporation ofa ` 
method of fuel distribution that provided a lean fuel-air mixture near 
the outer shell and (2) Installation of a ceramic-coated corrugated 
liner in the burner section. = | 


The performance with these modifications incorporated is presented 
over а range of altitudes up to 50,000 feet. Data are presented in 
tabular and graphical form to show the effects on afterburner perform- 
ance of turbine-outlet gas-straightening vanes and vortex generators, ` 
fuel distribution, and a ceramic-coated corrugated liner and to 
illustrate the effect of variations in flight conditions on one of the 
best afterburner configurations. 
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APPARATUS AND INSTRUMENTATION 
Installation 


The engine was installed in an altitude chamber that is 10 feet in 
diameter and 60 feet long (fig. 1). А honeycomb installed in the 
chamber upstream of the test section straightened and smoothed the flow 
of the inlet air. А forward bulkhead, which incorporated a labyrinth 
Seal around the forward end of Che engine, separated the engine-inlet 
air from the exbaust and provided & means of maintaining & pressure 
difference across the engine. А 14-inch butterfly valve in the forward 
bulkhead provided cooling air for the engine compartment, апа а rear 
bulkhead prevented recirculation of exhaust gases about the engine. 

The exhaust gas from the jet nozzle was discharged into ап exhaust dif- 
fuser to recover some of ihe kinetic energy of the jet and thus to ex- 
tend the capacity of the exhaust system. The combustion in the after- 
burner was observed through а periscope located directly behind the 
engine. 


Engine 


A 441-СЕ-17 afterburning turbojet engine was used in this inves- 
tigation. The engine has a static sea-level thrust rating of 5420 
pounds without afterburning at the rated engine speed of 7950 rpm and a 
turbine-discharge temperature of 1760° R for an inlet air temperature 
of 519° R. At this operating condition, the air flow is 104 pounds per 
second. The over-all length of the engine and afterburner is approx- 
imately 228 inches, and the maximum diameter is 41 inches. The dry 
weight of the engine and afterburner, including the electronic control 
and airframe mounted components, is 3553 pounds. The electronic control 
(described in ref. 1) controls the engine speed by regulating engine 
fuel flow and controls the turbine-outlet temperature by regulating the 
exhaust-nozzle area. 


Afterburner Assembly 


A diagram of the afterburner assembly is shown in figure 2. The 
following were common to all configurations: conical diffuser, two- 
ring V flame holder mounted by struts from the inner body, converging 
conical burning section, and variabLle-area clamshell exhaust nozzle. 
The conical inner body, mounted from the outer shell by four tubular 
rods, contained the fuel manifolds and a depressed flame seat in the 
downstream end. Fuel was supplied to the afterburner by an air-turbine 
fuel pump driven by compressor bleed air. 
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Modifications to the afterburner, which were incorporated in six 
configurations, are listed in table I. The fuel-distribution patterns 
and spray-bar designs are presented in figure 3. А photograph of the 
turbine-outlet gas-straightening vanes and vortex generators is shown 
in figure 4. Тһе ceramic-coated corrugated liner is shown installed in 
the afterburner section in figure 5. The ceramic used was National 
Bureau of Standards number A418, primarily composed of chromium oxide. 


The six configurations are grouped ав to purposes of the modifica- 
tions. The first group of modifications was selected to show the effect 
ОҒ straightening vanes on engine and afterburner performance. This 
group included the manufacturer's original configuration A апа config- 
uration B, which was made by incorporating in configuration А straight- 
ening vanes and vortex generators at the turbine outlet and a 4-inch 
shorter fuel mixing length (the radial fuel distribution was equivalent 
to that of configuration A). Тһе shorter fuel mixing length was а 
result of moving the spray bars downstream of the inner-cone supporting 
struts to allow equidistant circumferential spacing of the bars. 


The second group of configurations was selected to illustrate the 
effect of modified fuel distribution. These configurations were geo- 
metrically similar, all having straightening vanes, vortex generators, 
and corrugated liners. Configuration C had a radial fuel distribution 
equivalent to the original configuration A. In configurations D and Е, 
the fuel distribution was modified to compensate for the shift in mass- 
flow profile caused by the installation of the straightening vanes and 
vortex generators. This modification was based on the total-pressure 
profile at the diffuser outlet. The spray bar for configuration D had 
equally spaced holes of varied diameters, while the bar for configura- 
tion Е had varied spacing of equally sized holes. The bar for config- 
uration E, designed by the manufacturer, was a uniorifice bar with a 
metering orifice at the inlet to the bar that permitted the use of 
larger spray holes to prevent plugging by foreign material in the fuel. 


The third group of modifications was selected to evaluate several 
methods of cooling the outer shell. Configurations A, B, C, and F are 
compared. Configuration A was the original configuration already de- 
scribed. Configuration F had а fuel distribution that was lean near the 
outer shell but was otherwise the same as configuration A. Configura- 
tion B differed from configuration A in that turbine-outlet gas- 
straightening vanes and vortex generators were added, апа configuration 
ΛΜ from configuration B only by the addition of the corrugated 

ner. 


Instrumentation 


Engine-inlet air flow was determined by pressure ала temperature 
measurements at the compressor inlet (station 1, fig. 6(а)). Instrumen- 
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tation measured the engine midframe &ir bleed, which was subtracted 

from the engine-inlet air flow in order to obtain the afterburner air 
flow. Turbine-outlet temperature was calculated from engine performance, 
and turbine-outlet temperature for the electronic control was deter- 
mined by averaging the engine manufacturer's eight thermocouples. The 
angle of whirl of the gas Plow was measured at the diffuser outlet by 
means of a rotatable rake (fig. 6(b)). Twenty-five thermocouples 
attached to the afterburner shell measured temperatures at station 8, 


located 792 inche8 downstream of the turbine-outlet flange (fig. 6(c)). 
Total pressures at the exhaust-nozzle inlet were obtained with a water- 
cooled survey rake (fig. 6(d)), and ambient pressure in the region of 
the exhaust-nozzle outlet was determined by static-pressure probes in 
the plane of the exhaust nozzle. Engine and afterburner fuel flows 
were measured by calibrated rotameters. The fuel used in this inves- 
tigation was MIL-F-5624A grade JP-4. 


PROCEDURE 


The inlet and exhaust conditions for these tests were determined 
by the altitude and flight Mach number according to NACA standard 
atmosphere; lOO-percent ram pressure recovery was assumed. Afterburner 
performance data were obtained over a range of altitudes from 15,000 
to 50,000 feet at a flight Mach number of 0.6 and а range of flight 
Mach numbers from 0.4 to 1.0 at an altitude of 30,000 feet. For each 
Plight condition, data were obtained at rated engine speed and turbine- 
outlet temperature as maintained by the electronic integral control for 
а range of fuel-air ratios. 


The range of fuel-air ratios at each flight condition represents, 
іп general, the practical operating range for the afterburner. Тһе 
rich operating limit was determined by afterburner shell temperature 
limit (20109 R) or by maximum nozzle opening. It should be noted that, 
with the electronic control, exhaust-nozzle area is a function of 
exhaust-gas temperature. Therefore, maximum nozzle opening was either 
the physical limit of the nozzle or the area obtained. with maximum 
temperature for those configurations that reached а point of decreasing 
temperature with increasing fuel flow. The lean limit of operation 
was indicated by unsteady (oscillatory) combustion in the afterburner 
Or blow-out of the flame. Over the range of conditions investigated 
(turbine-outlet pressures up to 2950 lb/sq ft with fuel-air ratios 
up to 0.04), this unsteady combustion at the lean limit was the only 
oscillatory combustion phenomenon encountered. No significant altitude 
limits were obtained for these configurations because of limitations of 
the altitude exhaust facilities. For afterburning conditions, the fac- 
ility was limited to about 54,000 feet, which corresponds to а turbine- 
outlet total pressure of about 580 pounds per square foot. 
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The jet thrust produced by the engine and afterburner was measured 
by a self-balancing null-type pneumatic thrust cell. A sketch of the 
linkage from the engine to the thrust cell is presented in figure l(b). 
The symbols and methods of calculation are presented in the appendix. 


RESULTS AND DISCUSSION 


The results of this investigation are discussed in relation to the 
three factors considered for improving the afterburner performance; 
that is, (1) reduction of whirl in the turbine-outlet gas, (2) matching 
of the fuel distribution with the mass-Plow distribution, and (3) cool- 
ing of the afterburner shell. The altitude performance data аге рге- 
sented in tabular form in table II and in graphical form in figures 7 
to 17. 


Effects of Turbine-Outlet Gas-Straightening Vanes and 
Vortex Generators on Afterburner Performance 


The performance of an afterburning engine may be detrimentally 
affected by high angle of whirl of the turbine-outlet gases (ref. 6). 
The addition of a whirl velocity produces high resultant velocities 
that make burning more difficult. Furthermore, a high angle of whirl 
produces high total-pressure losses in the burner that are particularly 
noticeable during nonafterburning operation. Whirl losses are less 
pronounced during combustion, probably because the high level of tur- 
bulence during combustion reduces the whirl component of the flow. 


Since whirl angle increases with diffusion (ref. 7), measurements 
of the whirl were made at the diffuser outlet to obtain the maximum 
angle and the results are presented in figure 7. The method of obtain- 
ing this curve is the same as used in reference 6. The direction of 
whirl was opposite to turbine rotation, as indicated by the negative 
angles on figure T, anā was greater than 50 over most of the passage. 
The installation of the turbine-outlet gas-straightening vanes anà 
vortex generators, designed by the manufacturer to reduce the whirl 
angle end to provide а uniform velocity profile, resulted in only 109 
whirl in the ваше counterrotational direction. 


Effect on afterburner-inlet temperature and pressure profiles. - 
Installation of the turbine-outlet gas-straightening vanes and vortex 


generators caused a shift in afterburner-inlet temperature profile in 
relation to the control thermocouple. After the vanes and vortex gen- 
erators were installed, the average burner-inlet gas temperature was 
from 40° to 70° R lower for the same indicated control temperature. 
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This effect сап be seen by inspection of data from table ІІ. Тһе 
getting of turbine-outlet temperature with the manufacturer's instru- 
mentation resulted in operation at a lower turbine-outlet temperature 
and resulting lower nonafterburning thrusts for the configurations 
having straightening vanes and vortex generators. 


Another effect of the straightening vanes and vortex generators 
was a slightly more uniform total-pressure distribution (fig. 8) at the 
diffuser-outlet (station 6). This trend in total-pressure profile 
indicates more nearly uniform mass-flow and velocity distribution of 
the combustion gases. However, a comparison of the pressure levels on 
figure 8 is invalid because of the different temperature levels. 


Effect on internal performance. - A comparison of the total- 
pressure-loss ratios before and after the straightening vanes and 
vortex generators were installed is presented in figure 9. In the 
configuration with vanes and vortex generators (configuration B), the 
turbine-outlet total-pressure measurements were made downstream of the 
vanes. Therefore, the total~pressure loss through the straightening 
vanes and vortex generators was not included in the pressure-loss ratio, 
defined as the ratio of the total-pressure loss through the burner to 
the burner-inlet total pressure. The pressure-loss ratio through the 
vanes and vortex generators was determined to be approximately 0.025 at 
50,000 feet and 0.035 at 50,000 feet from the engine pumping character- 
istics. This value has been added to the data on figure 9 for config- 
uration B, and the combined pressure loss is shown by the dashed curve. 
Thus the installation of the straightening vanes and vortex generators 
reduced the over-all pressure-loss ratio by 0.02 to 0.01, the greater 
reduction occurring at low fuel-air ratios where the whirl is believed 
to have been greater. 


The afterburner combustion efficiencies before (configuration A) 
and after (configuration B) straightening vanes and vortex generators 
were installed are compared in figure 10(a). For the range of fuel-air 
ratios investigated there was no appreciable difference in combustion 
efficiency at 50,000 feet, while at 50,000 feet the configuration with 
vanes and vortex generators had lower combustion efficiency. This loss 
in efficiency with vanes was due to a poor fuel-air distribution. The 
fuel distribution was designed for the mass-flow profile that existed 
before the vanes were installed. Following installation of the vanes, 
this mass-flow profile was modified, but the fuel distribution remained 
the same and resulted in a different fuel-air ratio profile. 


The decrease in combustion efficiency for configuration B at 50,000 
feet resulted in lower exhaust-gas temperatures (fig. 10(b)). The lower 
turbine-outlet temperatures also contributed to the decrease in after- 
burner exhaust-gas temperature. 
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Effect on over-all performance. - As previously noted, the effect 
of the straightening vanes and vortex generators was to reduce the 
afterburner pressure loss, and an increase in thrust would be expected. e= 
Howéver, because of the difference in turbine-outlet conditions in this 
investigation, the increase in thrust was not realized and the augmented 
jet thrust ratio was the only valid basis for thrust comparison. (The 
nonafterburning jet thrust was calculated for each point with the 
turbine-outlet conditions obtained at that point and with the pressure 
drop assumed through a standard tail pipe ав explained in the appendix.) 
The augmented jet thrust ratios are presented in figure 10(c). At E 
50,000 feet, where combustion efficiency was essentially the same, RH 
installation of the straightening уапев and vortex generators resulted 
in an increased jet thrust ratio of about 0.03. At 50,000 feet, how- 
ever, the reduction in combustion efficiency countered the reduction 
in afterburner pressure loss, and ап increase of only 0.01 was observed | 
іп jet thrust ratio. E 
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Net thrust specific fuel consumption, presented in figure 10(4), 
is affected by the tail-pipe pressure loss, turbine-outlet gas temper- 
ature, and combustion efficiency. At 30,000 feet, combustion efficiency 
was unaffected by the turbine-outlet gas-straightening vanes, and the 
reduced tail-pipe pressure loss should have resulted in decreased specific 
fuel consumption. However, the lack of improvement illustrates the fact 
that the control should be rescheduled to give the same engine operating 
conditions after the temperature profile shift due to the installation 
of the straightening vanes. Also, the shift in mass-flow profile due to 
the addition of the vanes required an alteration to the fuel distribution 
to prevent a decrease in combustion efficiency at 50,000 feet. The να 
results of modifying the fuel distribution after straightening vanes 
and vortex generators were installed are discussed in the following 
section. 


Effect of Fuel Distribution on Performance 


The installation of the turbine-outlet straightening vanes and 
vortex generators resulted in а loss in combustion efficiency that 
was attributed to a poor fuel-air distribution. Before alteration of 
the fuel system, а ceramic-coated corrugated liner was installed, the 
effects of which will be discussed later. Configurations C, D, and ZE 
differed only in fuel distribution. 


A comparison of the combustion efficiency of Configuration C, 
which had & fuel distribution equivalent to the original configuration 
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А, and configuration D, which had a fuel distribution designed to match 
the mass-flow profile, is presented in figure ll(s). Тһе реак effi- 
ciency of configuration D occurred at higher fuel-air ratios than it 
did for configuration C. Also, configuration D had about 0.11 higher 
combustion efficiency than configuration C at 50,000 feet. For 
example, at 50,000 feet, combustion efficiency for configuration D 

had a peak value of 0.82 at a fuel-air ratio of 0.037 and was about 
0.70 at а fuel-air ratio of 0.06. 


The exhaust-gas temperature (fig. 11(b)) and net thrust ratio 
(Pig. 11(с)) were higher for configuration D above a fuel-air ratio 
of 0.035 at 50,000 and 40,000 feet and higher at all fuel-sir ratios 
investigated at 50,000 feet. Net thrust specific fuel consumption 
(fig. 11(d)) was lower for configuration D above а fuel-air ratio of 
0.055 at 30,000 and 40,000 feet and lower at all fuel-air ratios inves- 
tigated at 50,000 feet. The redesigned fuel distribution provided an 
improvement in combustion efficiency at fuel-air ratios in excess of 
0.035 and, hence, in over-all afterburner performance. 


Comparison of configurations D and Ж (figs. 11(а) to (c)) shows 
that the use of equal-diameter spray holes with various spacing 
(configuration E) resulted in &bout the same performance &s with 
various-diameter spray holes with equal spacing (configuration D). 
Furthermore, the use of a metering orifice at the inlet to the spray 
bar did not &ffect performance. 


Afterburner Shell Cooling 


А maximum temperature limit of 20109 R for the afterburner shell 
was imposed by the structural strength requirements of the afterburner. 
The shell temperature of ап afterburner is в function of the exhaust- 
gas temperature and the burner pressure (gas density). It was found 
that with а rich fuel-air mixture the original configuration А was 
limited &t 30,000 feet and below by meximum shell temperature.  There- 
fore, to permit higher exhaust-gas temperatures at low altitudes, 
methods of cooling the afterburner shell were investigated. 


Reduction in turbine-outlet whirl. - A reduction in the temperature 
of the afterburner shell of from 800 to 1200 R resulted from the 
installation of the straightening vanes and vortex generators (fig. 12) 
at ап exhaust-gas temperature of 51009 R and altitudes of 30,000 and 
50,000 feet. The larger reduction occurred at the lower altitude, 
where shell cooling was more critical. The data further indicate 
that the reduction would have been greater at higher fuel-air ratios. 
This decrease in shell temperature with the installation of straighten- 
ing vanes was due to two factors. The decrease in whirl reduced the 
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tendency for the fuel to centrifuge toward the outer shell апа also 
probably increased the thickness of the boundary layer at the outer 
Shell. 


Fuel distribution moved away from shell. - А previous investigation 
(ref. 5) showed that shell temperatures could be lowered by modifying 
the fuel distribution to reduce the amount of burning near the shell. 
Configuration F incorporates such a modification, as shown by a com- 
parison of figures 3(a) and (e). This modification reduced the shell 
temperature approximately 30° at 50,000 feet (fig. 12). However, it 
lowered the altitude limit from over 54,000 feet for configuration А 
to 50,000 feet for configuration F at а flight Mach number of 0.6. 
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Ceramic-coated corrugated liner. ~ Configuration C incorporated а 
ceramic-coated corrugated liner installed in the afterburner in addition 


to the straightening vanes and vortex generators. Over the range of 
exhaust-gas temperatures investigated, the combination of straightening 
vanes and liner reduced the temperature 200° to 300° R. For configura- 
tion C an increase in exhaust-gas temperature from 28009 to 35009 R 

at 50,000 feet (fig. 12(5)) resulted in only 509 R increase in shell 
temperature. The combination of straightening vanes and liner was the 
most effective means of reducing shell temperatures investigated апа 
was equivalent to the use of approximately 8 percent of engine air flow 
for cooling &ir in & conventional convective cooling system. 


The coating used on the liner was а Bureau of Standards number 
A418 ceramic. After approximately 55 hours of afterburning, the 
coating and liner showed no evidence of deterioration. 


А comparison of the shell temperatures for the three configurations 
(A, B, ала C) over a range of turbine-outlet pressures with an exhaust- 
gas temperature of 51009 Б is presented in figure 15. The temperature 
for the original configuration A increased with increasing pressure, 
while that for configuration C (liner plus straightening vanes and 
vortex generators) was essentially constant. This figure illustrates 
the greater effectiveness of the vanes and liner at low &ltitudes 
(high burner pressures), where shell temperatures were found to be 
critical on the original configuration. 


Performance of Final Configuration 
Performance data are presented for configuration D Over a range 


of altitudes from 15,000 to 50,000 feet at a flight Mach number of 
0.6, and for flight Mach numbers of 0.4 and 0.8 at an altitude of 50,000 
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feet. This configuration was used for evaluation because it had per- 
formance and operating and cooling characteristics equivalent or 
superior to any of the other configurations. 


Effect of altitude and flight Mech number variations. - For a 


given afterburner fuel-air ratio, increasing the altitude at a constant 
flight Mach number tended to lower the combustion efficiency, exhaust- 
gas temperature, and augmented net thrust ratio (fig. 14). The peak 
combustion efficiency decreased from 96 percent for an afterburner 
fuel-air ratio of 0.027 at 15,000 feet to 82 percent for a fuel-air 
ratio of 0.037 at 50,000 feet. The corresponding exhaust-gas temper- 
atures were 2960° and 2880° R. For a constant fuel-air ratio 

of 0.03, the temperature decreased from 2960° R at 15,000 feet to 
21109 R at 50,000 feet, while the combustion efficiency decreased from 
96 to 76 percent. For a wide-open exhaust nozzle, the exhaust-gas 
temperature decreased from 55509 Б at 50,000 feet at а fuel-air ratio 
of 0.056 (high temperature data were not obtained at 15,000 ft) to 
55809 R at 50,000 feet at a fuel-air ratio of 0.061. This decrease 
resulted in a decrease in augmented net thrust ratio from 1.6 to 1.52. 


The net thrust specific fuel consumption decreased as the altitude 
increased up to an altitude between 30,000 and 40,000 feet. A further 
increase in altitude resulted in an increase in specific fuel consump- 
tion. This decrease was due to the increasing engine cycle efficiency 
with the decreasing compressor-inlet temperature as the altitude 
increased until the tropopause (35,000 ft) was reached, which more than 
compensated for the decrease in combustion efficiency. Above the 
tropopause, the temperature remained constant, and the decreasing 
combustion efficiency caused an increase in specific fuel consumption. 


The effect of varying flight Mach number at an altitude of 30,000 
Peet is presented in figure 15. A decrease in flight Mach number 
affected the afterburner combustion efficiency (fig. 15(a)) and the 
exhaust~gas temperature (fig. 15(Ъ)) in the same manner as did an 
increase in altitude; that is, combustion efficiency and exhaust-gas 
temperature decreased with decreasing Mach number for a given after- 
burner Puel-air ratio. However, since the range of Plight Mach num- 
bers was small (0.8 to 0.4), the effect was slight. The augmented 
net thrust ratio (fig. l5(c)) decreased with decreasing Mach number, 
but the net thrust specific fuel consumption (fig. 15(4)) increased ав 
& result of the decressing combustion efficiency. 


Afterburner combustion efficiency as а function of turbine-outlet 
total pressure is presented in figure 16 for afterburner fuel-air 
ratios of 0.025, 0.0355, 0.045, and 0.055. At the low fuel-air ratio, 
the efficiency decreased rapidly with decreasing pressure, but decreas- 
ing pressure affected the efficiency less at the higher fuel-air ratios. 


S qos 


12 «ЖИЕНІ Т NACA RM E53F10 


Thrust Generalization 


A method of generalizing jet thrust for a turbojet engine has been 
developed in reference 8. The basis of this method is that the jet 
thrust is a function of the flow through a nozzle and may, therefore, be 


described in terms of the nozzle-inlet total pressure, the ambient static 


pressure, and the throat area of the nozzle. If the experimentally 
determined jet thrust is adjusted for nozzle area variation, it will 
generalize when plotted against (1.25P, - р). This method of general- 
ization provides a calibration that may be used in determining turbojet 
engine jet thrust in а flight installation for take-off and flight con- 
ditions. 


This method of generalizing jet thrust has been used for the data 
of configuration D (fig. 17). The factor used to adjust the jet thrust 
for area variations of the variable-area nozzle, which is presented in 
figure 17(b), 18 the ratio of jet thrust to jet thrust for maximum 
nozzle area as a function of the ratio of actual nozzle area to maximum 
nozzle area. Therefore, the jet thrust presented in Pigure 17(a) is 
the jet thrust obtainable with the maximum nozzle area. 


The generalized thrust curve may be used to obtain the jet thrust 
for a given flight condition and afterburner Puel-air ratio. The values 
of the exhaust-nozzle-inlet total pressure and ambient static pressure 
may be obtained from the flight conditions and the engine characteris- 
tics. With these data, the jet thrust for maximum nozzle area can be 
Obtained. The exhaust-nozzle area for a given afterburner fuel-air 
ratio can be obtained from figure 17(с), and from this the ratio of 
jet thrust at the given exhaust-nozzle area to the jet thrust at max- 
imum nozzle area can be obtained. A numerical example of this cal- 
culation is given in the appendix. 


CONCLUDING REMARKS 


An investigation of the 447-СЕ-І( afterburning engine showed that 
the installation of turbine-outlet gas-straightening vanes and vortex 
generators reduced the counterrotational whirl by approximately 20°. 
This change modified the burner-inlet (turbine-outlet) total-tempera- 
ture profile so that the calculated average turbine-outlet gas temper- 
ature was from 409 to TO? R lower for the same indicated control tem- 
perature. This decrease in turbine-outlet temperature resulted in 
lower thrust for the same afterburner fuel-air ratio. However, the 
total-pressure-loss ratio was reduced by 0.01 to 0.02, and the augmented 
jet thrust ratio was increased by 0.01 to 0.05. Because of 
a change in total-pressure profile and thus a change in mass- 
flow profile with the same fuel distribution, the fuel-air distribution 


абатты. „у ᾽ 
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at the flame holder was not as suitable with the vanes and vortex gen- 
erators, апа the combustion efficiency decreased. 


By adjusting the fuel distribution to the mass-flow profile that 
resulted from the installation of the straightening vanes and vortex 
generators, the loss in combustion efficiency was overcome. The peak 
value at 50,000 feet altitude was approximately 82 percent at a fuel- 
air ratio of 0.037 and was about ΤΟ percent at а Puel-air ratio of 0.06. 
The combustion efficiency, the exhaust-gas temperature, and the aug- 
mented net thrust ratio were higher at higher fuel-air ratios, while net 
thrust specific fuel consumption was lower for the modified fuel distri- 
bution. Тһе final fuel distribution was achieved both with spr&y bars 
having equally spaced various-diameter holes апа uniorifice spray bars 
having variously spaced equal-diameter holes. 


Afterburner shell temperatures were reduced approximately 100° R 
by the installation of the straightening vanes and vortex generators 
for an exhaust- gas temperature of 51009 R at 50,000 feet altitude. An 
additional reduction of 100° R in shell temperature was achieved by the 
installation of a ceramic-coated corrugated liner. The liner was used 
Por approximately 33 hours of afterburner operation with no noticeable 
deterioration or change in appearance. 


Except at the lean limit of combustion, no oscillatory combustion 
was encountered during this investigation, which covered burner pressures 
up to 2950 pounds per square foot with fuel-air ratios up to 0.04. 


Lewis Flight Propulsion Laboratory 
National Advisory Committee for Aeronautics 
Cleveland, Ohio, May 18, 1953 
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APPENDIX - CALCULATIONS 


Symbols 


The following symbols аге used in this report: 


cross-sectional area, sq ft 


velocity coefficient, ratio of actual jet velocity to effec- 
tive jet velocity 


jet thrust, lb 
calculated nonafterburning jet thrust, lb 
net thrust, lb 
calculated nonafterburning net thrust, 1b 


fuel-air ratio 
acceleration due to gravity, 32.2 ft/sec? 
enthalpy, Btu/ Lb 


lower heating value of fuel, Btu/lb 


Mach number 
total pressure, lb/sq ft abs 


total pressure at exhaust-nozzle survey station in standard 
engine tail pipe, lb/sq ft abs 


static pressure, lb/sq ft abs 
gas constant, 53.4 ft-1b/(1b)(?R) 
total temperature, ОБ 

velocity, ft/sec 


effective velocity, ft/sec 


air Plow, lb/sec 


deme. 
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Ма,с compressor leakage air flow, 1b/sec 

We fuel flow, lb/hr 

We/Fy specific fuel consumption based on total fuel flow and net 
thrust, (1b/hr)/lb thrust 

Wg gas flow, 1b/sec 

7 ratio of specific heats for gases 

n combustion efficiency 

Subscripts: 

а air 

ар afterburner 

е engine 

f fuel 

g gas 

m maximum exhaust-nozzle area 

n exhaust-nozzle outlet, vena contracta 

ne nozzle cooling 

в labyrinth seal 

T total 

te turbine cooling 

tp turbine pump 

О free-stream conditions 

1 engine inlet 

5 compressor outiet аб engine combustor inlet 

5 turbine outlet or tail-pipe diffuser inlet 
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9 exhaust-nozzle inlet 


10 exhaust-nozzle outlet 


Methods of Calculations 


Flight Mach number and airspeed. - Flight Mach number and equiva- 


lent airspeed were calculated from engine-inlet total pressure and tem- 
perature and free-stream static pressure with complete total-pressure 
ram recovery assumed: 


Mo = 


Air flow. - Air Plow was determined from pressure and temperature 
measurements obtained in the engine-inlet annulus by the following 
equation: 


Жа, m O. 98p414A4 


2716 pO 
1-2)85 |\р, "iUm 


where the 0.98 accounts for the 0.02 leakage between measuring station 
and compressor inlet. Air flow at the compressor outlet (station 5) 
was obtained by deducting the compressor leakage, turbine and nozzle 
cooling-air flows, and compressor bleed air used to drive the turbine 
fuel pump: 


Wa,3 = Wa,l - Wa,o - Meter: Va,no - Wa tp 
Gas flow. - Afterburner gas flow is 


W 


Wee + We ab 
5,97 Ма,5 * 


2600 + Wa tc 


ES M ا‎ 2 m auda ka 
— Л] = Тыз, 
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Fuel-air ratio. - The engine fuel-air ratio is given by the follow- 
ing equation: 
P We 8 
е = ZA W 
The afterburner fuel-air ratio used herein is defined as the weight 
Plow of fuel injected into the afterburner plus the unburned engine fuel 
divided by the weight flow of unburned air entering the afterburner. By 
combining air flow, engine fuel flow, afterburner fuel flow, and engine 
combustion efficiency, the following equation for afterburner fuel-air 
ratio is obtained: 


(i - Ne) Wf e + We ар 
_ Ier. e 
0.0675 


fab = 
3600 (Wg 3+Wa to) 


where 0.0675 is the stoichiometric fuel-air ratio for the engine fuel. 


The total fuel-air ratio for the engine and afterburner is 


ne We e + Wp ab 
600 Ма,5 + Wa tc 


Engine combustor efficiency. - Engine combustor efficiency is the 
ratio of the enthalpy rise through the engine divided by the product of 
engine fuel flow and the lower heating value of the fuel: 


(h, s ` h, 1) + Zeie 
ε.α να κ.) 
je Pel, 


Am + B 


So (symbols of ref. 9). 


where A= 


Engine combustion efficiency was obtained from a correlation of 
the engine with a standard tail pipe. For this investigation Ts was 


then obtained by solving the above equation for he 5° 


Afterburner combustion efficiency. - Afterburner combustion effi- 
ciency was obtained by dividing the enthalpy rise through the afterburner 


by the product of the afterburner fuel flow and lower heating value of 
the fuel: | 

Е (15,10 - Haji) + Frio - Мете 

ар fh. - Тегеһе 


pem 
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Augmented thrust. - The jet thrust of the combined engine and 
afterburner was determined from the thrust-system measurements by the 
equation 


F; = Fa + Ag(P ) о.во[® 1221 ү 
J αν vul T Po? 9 902 0.98g O 


where Ға is equal to the thrust-system scale reading adjusted for the 


pressure difference on the link connecting the thrust bed in the test 
chamber and the measuring cell outside the test chamber, and the last 


term ۰.٥0) ch το) is the difference between the pressure forces 


on the bellmouth and the momentum at the bellmouth outlet. 


The augmented net thrust was obtained by subtracting the free- 
stream momentum of the inlet air from the jet thrust: 


Wa L 


А MEE DES 
ing 0.98g 


Vo 


W 
where the 425 is the air flow into the bellmouth. 

Nonafterburning jet thrust. - The jet thrust for the nonafterburning 
engine was calculated for each afterburning point with measured turbine- 
outlet total pressure, engine gas flow, calculated turbine-outlet total 
temperature, and an assumed tail-pipe pressure drop. Experimental data 
from the nonafterburning engine indicated that the total-pressure loss 
through а standard tall pipe between stations 5 and 9 was approximately 
0.04 at rated engine speed, that is, Pg = 0.96P5. The nozzle velocity 


coefficient for the nonafterburning engine was assumed to be 0.99, 
while that for the afterburning engine was assumed to be 0.97. Тһе 
jet thrust equation used was 


RIS Vor 
F) = РЖ аса 


where (V / M gRT) ін an effective velocity parameter derived in 
reference 10; and the nonburning net thrust was 


Е! = T! - Mal 
n ~ 0.98g O 


Exhaust-gas total temperature. - The total temperature of the 
exhaust дав was calculated from the Jet thrust апа conditions existing 


at the exhaust nozzle: 


Be DENT | ДВ 
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КРЕ ан : 
10 E R Να, 9 Vef 
-/&ЕТ 
Ver 
where RE ін the effective velocity parameter. 


Calculated jet thrust from generalized jet thrust. - It has been 
shown (ref. 8) that the jet thrust of a turbojet engine may be related 
to the nozzle-inlet total pressure, ambient static pressure, and area. 
This relation is 


This equation may be represented by two plots as figures 17(a) and (b). 
For an assumed flight condition of 40,000 feet altitude and a 


Plight Mach number of 0.6, the pressure values are found from table IT 
as Pg = 1009 pounds per square foot and Po = 392 pounds per square 


foot. Then 


1.25Pg - ро = 1.25(1009) - 592 = 869.5 1Һ/ва ft 


From figure 17(а), the jet thrust for an open nozzle (Aig р = 5.5 sq ft); 


which would require an afterburner fuel-air ratio of 0.0575, is 2790 
pounds. 


ІР an afterburner fuel-air of 0.040 is desired, 


Ag = 5.17 sq ft (from fig. 17(c)) 


With the area ratio, the thrust correction ratio may be found from 
figure 17(b) to be 


F/F; m = 0.912 
Therefore, the jet thrust for this fuel-sir ratio is 
= = 27 D - 
Fj =F} m DA: m) 90(0.912) = 2544 lb 
παρ 


Те 
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TABLE I. - MODIFICATIONS INCORPORATED СУ 


Modifications 


to configuration A; turbine- 
outlet gas-straightening 
vanes and vortex generators 


added 


Ceramia-coated corrugated 
liner added to configura- 
tion B 


Modified fuel distribution; 
other -variables same as 
configuration C; final 
configuration 


Unlorifice spray bar with dig- 

tribution of configuration D; 
other variables same as con- 
figuration 0 


Fuel distribution away from 
shell; no turbine-outlet 
straightening vanes, vortex 
generators, or coated 

liner 
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statio 
pressure, 
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total 
pressure, 
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TABLE IT, ~ ALTITUDE 


Afterburner [Total fuel-jAftorburnan 
fuel flow,| air ratio,) fuel-air 
Vf ab? f ratio, 
15 d 


Criginal 


662 
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Augmented] Net thrust 
specific 


Engine | Afterburner |Maximua- 


25 


Afterburner 


24 


Altitude, 
ft 


statio 
pressure, 
Po 
lb 
gq ft abs 
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TABLE LI, - Concluded. 


Afterburner 
fuel flcw,| air ratio, fuel-air 
Mf ab? f тө, 
lb (| ab 

hr 
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ALTITUDE PERFORMANCE DATA 


2 
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юаш | 58908 


2662 
2750 
2755 


50 
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16 
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75 
46 
57 
28 
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(а) Photograph of installation. 


\ 
Figure 1. - Turbo jet engine equipped with afterburner ani installed in altitude chamber. 
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(b) Sohematio diagram of engine installation showing thrust-measuring 
system and instrumentation stations. 
Figure 1. - Concluded. Turbojet engine equipped with afterburner and installed in 
altitude chamber. | 
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Figure 2. - Diagram о? afterburner showing location of spray bars and flame holder, 
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Afterturner 


27" 19" 
Diffuser — T 2=5 о ртт т=ш= ы 552 ا‎ 
А11 holes 


А-А | 


í 


0.D. = 1⁄4" 
I.D. = 1/8" 


7" 
(b) Spray pattern and spray tar used in configurations B and С. NAA, 


Figure 5. - Fuel-distribution patterns and spray-bar designs. 


ο ντ, 


29 


iy-Afterburner 
; shell 


After- 
burner 
shell 


50 P 22 NACA RM Е53Ғ10 


2562 


Diffuser Й > Hole së 23 
shallin, ; 0.028" 0,050 0.0225" Ἴ урц «828010198 below 

2 142 

4 f 

J; f а ΠΒ 

Е | 25" at 17" 17" 17" 17" XT" 11" 27" А-А 
а 55 32 | 32 52 | 32 2 2 2 1% 
А E - 4^ 
(c) Spray pattern and spray tar used in configuration D 


Orifice 0.073" diam 
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(4) Spray pattern and spray bar used in configuration E. “NACA _ 


Figure 5. - Continued. Fuel-distribution patterns and spray-bar designe. 
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(e) Spray pattern and spray bar used in configuration F. ЧАСА, | 


Figure 5. - Concluded.  Fuej-distribution patterns and gpray-bar designa. 
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Figure 4. - Turbine-outlet gas-straightening vanes, vortex generators, and internal 
manifolds for configurations В, С, D, and E, as viewed in downstream direction. 
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€ Static-pressure tube (wall or rake) 
О  Total-pressure tube 
X  Thermocouple 


15 
7 
leading edge of compressor-inlet guide vanes. downstream of turbine-outlet 1 e. 


(а) Engine inlet, station 1, 21 inches upstream of (b) Diffuser outlet, station 6, 5 inches 


i 


(с) Afterburner outer shell, station 8, τος inches (d) Nozzle inlet, station 9, 3 inches 
downstream of turbine-outiet flange. - downstream of turbine-outlet flange. 


Figure 6. - Instrumentation. 
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Configuration А Percent rated Configuration В 
(without vanes) engine speed (with vanes) 


0 
-20 
Maximum angle of rotation 
for rake 
E -40 
D 
8 
wo 
Ч 
ée Ἐ Configuration A Altitude, Configuration B 
Ë 8 20 (without vanes) ft (with vanes) 
о 
т 
Ρ “ч 
SE 
«ч 
P: 
8 0 
-20 
Maximum angle of rotation 
for rake 
-40 


0 2 4 6 8 10 
Passage depth, in. 


(b) Varying altitude; 100-percent rated engine speed. 


Figure 7. - Effect of engine speed and altitude on turbine-outlet gas 
whirl at Plight Mach number of 0.6. 
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Figure 8. - Effect of turbine-outlet straightening vanes and vortex generators 


on diffuser-outlet total-pressure profile. Altitude, 50,000 feet; flight 
Mach number, 0.6. 
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Configuration 
O A ne vanes) 


Net reduction pressure 
loss due to vanes 


Afterburner pressure-loss ratio, 


Pressure loss through 
turbine-outlet vanes 


Afterburner fuel-air ratio, f ob 


(b) Altitude, 30,000 feet. 


Figure 9 - Effect of turbine-outlet gas-straightening vanes, vortex generators, апа 
corrugated liner on afterburner pressure loss. Flight Mach number, 0.6. 
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Configuration Average calculated turbine- 
outlet gas temperature, 


О А (without vanes) 1825 
4 В (with vanes) 1754 


Average calculated turbine- 
outlet gas temperature, ОБ 


О A (without vanes) 1782 
Δ. В (with vanes) 1745 


.05 "e .06 .07 
"aui fuel-air ratio; fap 


Configuration 


(а) Afterburner combustion efficiency (equivalent radial 
fuel distribution). 


Figure 10. - Effect of turbine-outiet straightening vanes and vortex gener- 


ators. Flight Mach number, 0.6. 
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outlet gas temperature, ОВ 


(t) Exhaust-gas total temperature (equivalent radial fuel distribution). 


Figure 10. == Continued, 
number, 0.5, 


Effect of turbine-outlet atralghtening vanes and vortex generatora. 
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Configuration | Average calculated turbine- 
outlet gas temperature, OR 


A (without vanes) 
B (with vanes) 


Configuration Average calculated turbine- 
outlet gas temperature, ОВ 


A (without vanes) 1782 
B (with vanes) 1745 


Afterburner fuel-air ratio, fab 


(c) Augmented jet thrust ratio (equivalent radial fuel 


distribution). 


Figure 10. - Continued. 


Effect of turbine-outlet straightening vanes and 


vortex generators. Flight Mach number, 0.6. 
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Average calculated turbine- 
outlet gas temperature, OR 


1825 


Net thrust specific fuel consumption, GIG , (їЬ/ш=)/(1Ь thrust) 


Configuration Average calculated turbine 
outlet gas temperature, ОВ 
O A (without vanes) 1782 
4 B (with vanes) 1745 


. 02 .05 .04 . 05 .06 .07 
Afterburner fuel-air ratio, fap 


(&) Net thrust specific fuel consumption (equivalent radial 
fuel distribution). 


Figure 10. - Concluded. Effect of turbine-outlet straightening vanes and 
vortex generators. Flight Mach number, 0.6. 
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(a) Afterburner combustion efficiency. š 


Figure 11. - Effeet of fuel distribution. Flight Mach number, 0.6. 
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(b) Exhaust-gas total temperature. 


Effect of fuel digtribution, Flight Mach number, 0.6, 


- Continued, 


Figure 11, 
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Figure 11. - Continued. 
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(c) Augmented net thrust ratio. 


Effect of fuel distribution. Flight Mach number, O.6. 
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(d) Net thrust specific fuel consumption. 


Figure 11. ~ Concluded. Effect of fuel distribution. Flight Mach number, 0.6. 
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(b) Altitude, 30,000 feet. 


Figure 12. - Effect of turbine-outlet gas-straightening vanes and vortex 


generators, ceramic-coated corrugated liner, and fuel distribution on = 


afterburner shell temperature. Flight Mach number, 0.6. 
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Turbine-outlet total pressure, Pz, lb/eq ft 


- Effect of turbine-outlet total pressure on afterburner shell temperature 


for gas temperature of 51000 R. 


Figure 135. 
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(a) Afterburner combustion efficiency. 
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Figure 14.- Effect of altitude on performance of configuration D. Flight Mach number, 0.6. 
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(a) Generalized Jet thrust. 


Figure 17. - Generalization of afterburning jet thrust for configuration D. 
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(b) Correction factor for jet thrust obtained from figure 17(a). 


Figure 17. - Continued. 
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